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Experimental and Computational Steady and Unsteady

Transonic Flows about a Thick Airfoil

Lionel L. Levy Jr.*
NASA Ames Research Center, Moffett Field, Calif.

An experimental and computational investigation of the steady and unsteady transonic flowfields about a
thick airfoil is described. An operational computer code for solving the two-dimensional, compressible Navier-
Stokes equations for flow over airfoils was modified to include solid-wall, slip-flow boundary conditions to
properly assess the code and heip guide the development of improved turbulence models. Steady and unsteady
flowfields about an 18% thick circular arc airfoil at Mach numbers of 0.720, 0.754, and 0.783 and a chord
Reynolds number of 11X 10° are predicted and compared with experiment. Results from comparisons with
experimental pressure and skin-friction distributions show improved agreement when including test-section wall
boundaries in the computations. Steady-flow results were in good quantitative agreement with experimental data
for flow conditions which result in relatively smali regions of separated flow. For flows with larger regions of
separated flow, improvements in turbulence modeling are required before good agreement with experiment will
be obtained. For the first time, computed results for unsteady turbulent flows with separation caused by a shock
wave were obtained which qualitatively reproduce the time-dependent aspects of experiments. Features such as
the intensity and reduced frequency of airfoil surface-pressure fluctuations, oscillatory regions of trailing-edge
and shock-induced separation, and the Mach number range for unsteady flows were all qualitatively reproduced.

Nomenclature

A = Van Driest damping length

c = skin-friction coefficient, 7,,/¢

C, = pressure coefficient (p, —p) /g,

¢ =airfoil chord

e =internal energy

¥ =reduced frequency, 27 {frequency) (¢/2)/u,,

¢ =mixing length of turbulence

M =Mach number

n,t =local coordinates normal and tangential to test-
section wall

An =normal distance between image point and test-
section wall

p =pressure

o, = total pressure

Ap =instantaneous p—mean value of p

q =total velocity, (u? +v?) *

o = freestream dynamic pressure, (¥2)o., U2,

R =radius of curvature

Re. . =chord Reynolds number, p o, #o C/ fho

T =temperature

t  =time

U, v =velocity components in x and y directions,
respectively

X,y =axes paraliel and normal, repectively, to airfoil
chord with origin at airfoil leading edge

Vbs =location of separation streamline

¥ =ratio of specific heats

) =thickness of viscous region-

€ =eddy viscosity coefficient

7 =molecular viscosity

T =shear stress ' :

¥ =angle whose tangent is the local slope of the test-

section wail
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Subscripts

b =wall boundary point outside of test section

i = image point inside of test section

oo = freestream value

n,t =components normal and tangential to test-section
wall

= airfoil surface or test-section wall
=value at outer edge of viscous region

g

I. Introduction

HE NASA Ames Research Center has initiated combined

research programs in experimental and computational
fluid dynamics for testing and guiding the development of
turbulence modeling within regions of separated flows.'
Toward this end, the flowfield about an 18% thick circular
arc airfoil is being experimentally documented over a range of
Mach and Reynolds numbers for which the major features of
flow "separation important to turbulence modeling are
present, including weak and. strong shock-wave boundary-
layer interactions and both trailing-edge and shock-induced
boundary-layer separation. Results to date for pressure and
skin-friction distributions have beem compared in Refs. 2 and
3, respectively, with computed results from a two-
dimensional code for time-dependent solutions of Reynolds-
averaged, compressible Navier-Stokes equations.* The
computer code includes additional equations for turbulence
modeling and applies only to free-flight conditions; it does
not include test-section wall boundary conditions. Con-
sequently, comparisons of experimental and computed results
made in Refs. 2 and 3 are considered to show qualitatively
correct trends. Before different "turbulence models can be
quantitatively tested against the pressure and skin-friction
data from these references, the proper outer wall boundary
conditions must be incorporated into the computer code.

This paper describes the modifications to the computer
code of Refs. 4 and 5 to include solid-wall inviscid boundary
conditions. Results are presented which show differences in
pressure and skin-friction distributions over an 18% thick
circular arc airfoil, calculated by using free-flight boundary
conditions and the solid-wall test-section boundaries of the
experiments reported in Refs. 2 and 3. Experimental results
are included for comparison.
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As reported in Ref. 2, both steady and unsteady flows were
observed for specific ranges of freestream Mach numbers and
chord Reynolds numbers. For example, for a given chord
Reynolds number, there was observed a low subsonic Mach
number range {above that for locally sonic flow on the airfoil)
and a high subsonic Mach number range for which the local
flowfield was steady. In the intermediate Mach number range,
the local flowfield was unsteady and periodic.

The original intent in applying the modified computer code
with wall boundary conditions was to obtain a solution for
comparison with experiment at freestream conditions within
each steady-flow regime near the boundaries . of the unsteady-
flow regime. As noted in Ref. 2, definition of the low Mach
number boundary of the unsteady-flow regime is subject to
hysteresis in the flowfield. The initial selection of freestream
conditions for a solution in the low Mach number steady-flow
regime was inadvertently made in the region of hysteresis.
Surprisingly, an unsteady flowfield solution was obtained.
The results are included in this paper and demonstrate, for the
first time, the capabilities of the computer code to reproduce
qualitatively the time-dependent aspects of experimentally
observed unsteady turbulent flows with both weak and strong
shock-wave boundary-layer interactions. Features important
to airplane buffet such as oscillations in shock-wave location
and strength and alternate regions of trailing-edge and shock-
induced boundary-layer separation are reproduced.

II. Analysis

Simuiation Method

The transonic flowfield about the airfoil was simulated
numerically using a form of the computer program described
in Ref. 5. The program utilizes an explicit finite-difference
method®® to solve the time-dependent, two-dimensional,
Reynolds averaged form of the Navier-Stokes equations
applicable to compressible turublent flows. The turbulence is
assumed in equilibrium with the mean flow and is modeled
using an algebraically expressed eddy viscosity model. The
computer program also incorporates the efficient numerical
solver for Navier-Stokes equations described in Ref. 9. The

flow and turbulence-modeling equations are repeated here for

completeness.
The flow equations in time-dependent form are

3 Ud vol + 3 Fds=0
vol

s

where

pU L - .Pu5+?3x
U= | 1 H= R
ov z pvg+ 78,
L \eG+7G—kvT

G=ué, +vé,
F=o.8.e, +7,6,€6,+7,6,6,10,€,¢,

The quantities o, and o, are the normal stresses in thex and y
directions, respectively, &,, €, are unit vectors in orthogonal
X,y space, and # is a unit normal vector to the surface element
ds about the volume element vol.

The turbulence modeling is incorporated in the shear stress
terms 7, and 7, in the form of an eddy viscosity coefficient e
as

T=7y = Ty = (p+pe) [(Bu/dy) + (Jv/dx)]
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Expressions for the eddy viscosity coefficient in the regions
of the boundary layer and wake indicated in Fig. | are listed
below. .

inner region (I)

dun? sdvN? 1"
— p2 i -
=t [(3y> +<ax> }
(=0.41y[l —exp(—y/A)}

where the Van Driest damping length is

123
A=26 M ( Pw )
A P !Tw!

Outer region (1I) of boundary layer and wake

=e[(5) + G T
£=0.09(3; — ¥ps)

In region II over the separated bubble (regions I1I and 1V),
{ is frozen at the value evaluated at the first computational
chordwise station upstream of separation.

Separation bubble wall region (IIT)
Y=Vw )
Yps—Yw

Separation bubble wake region (IV)

pe= (p€) ps

pe={pe)ps

The control volume, mesh, and boundary conditions are

. described in detail in Ref. 5. Briefly, the airfoil, initially at

rest, is impulsively started at time zero at the desired
freestream Mach number and pressure. The control volume,
— 12 and + 8 chords in the x direction and = 6 chords in the y
direction, is divided into a 78 x35 mesh. The flowfieid
development within this volume is followed in time until it
attains a steady state. For the present code, airfoil, and
freestream conditions, this requires a time equivalent to the
mean flow traveling about 9 chord lengths past the airfoil
(ut/c=9). At the far upstream and transverse boundaries,
the flow is assumed uniform and at freestream conditions. At
the downstream boundary, all gradients in the flow direction
are assumed negligible. The airfoil is assumed impermeable
{no-slip boundary conditions) and adiabatic, and the pressure
gradient normal to the surface’is assumed zero.

Modifications to Include Tunnel-Wall Boundary Conditions
Use of the experimental data of Refs. 2 and 3 to assess

existing turbulence models and help develop improved models
necessitated the choice of solid-wall boundary conditions.

. Computer storage and time significantly influenced the

decision that the initial effort be based upon inviscid slip-flow
boundary conditions.

Fig. 1 Boundary-layer and wake regions for turbulence model.
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To minimize the modifications, the wall boundaries are
superimposed upon the computational mesh used to obtain
free-flight solutions. Computations with the walls are made
for the entire mesh. However, at each of the computational
mesh points just outside the wall boundaries, the dependent
variables (horizontal and vertical components of velocity,
internal energy, and pressure) are updated at each time step to
satisfy the inviscid boundary conditions. This procedure is
only slightly inefficient, since approximately 90% of the
computational time is used in resolving the airfoil boundary-
layer flow. Inclusion of the wall boundaries results in an 8%
increase in computer time over that required for a free-flight
solution,

In the present approach the coordinates, slope, and local
wall curvature of the test section studied are used as inputs to
the modified computer program. The program then finds all
computational mesh points (mesh centroids) just outside the
boundaries. Next, the image points of these boundary cen-
troids are constructed normal to and inside the test section
flowfield. Values of the dependent variables at the mesh
points in the flowfield which most closely surround each
image point are used for interpolation to obtain values of the
dependent variables at the image points. These values of the
dependent variables, at each time step, are used in con-
junction with boundary conditions to continually update the
dependent variables at the boundary centroids. Specifically,
the horizontal and vertical components of velocity at the
boundary points, #, and v, , respectively, are determined such
that, locally, the total velocity ¢ is tangent to the walls (i.e.,
no flow through the walls). With reference to Fig. 2 these
conditions are written

4y, =4,=4,, _ (H
Gny = —qny quwzo 2)

From Egs. (1) and (2) and the slope of the wall, it can be
shown that

up=u;{cos’y —sin’y) +2v,siny cosy 3).

Up = 2u;siny cosy —v; (cos® ¥ —siny) 4)

The internal energy e, at each boundary point is readily
determined using the assumption of an adiabatic wall. Thus,

€p=¢;=¢@y (5)

The pressure p,, at the boundary points is determined from the
normal momentum equation

ap) Puln,’
i - T 6
(an w Rw ( )

Equation (6) can be rewritten by discretizing the partial
derivative, making use of the equation of state, and ex-
pressing g, as a function of the known quantities, u;, v;, and

Pw—Di =pw—pi _
My —H; An

_ (ucosy+ v;siny)?
(y—1euR,

DPw ]

Finally, by assuming that p,, = V4(p, +p;}, and with use of
Eq. (5), the pressure at each boundary centroid is given by

" 1-B

= —p, 8
+B” ®

7 Dy
where
_ An(ucosy+u;sing)?
B (vy—1eR,

®
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Fig. 2 Flowfield and geometrical relationships for wall boundary
conditions.

and
An=(y,—y;)/2cosy (10)

To verify that the numerical algorithm for the wall
boundary conditions was correct, two streamlines from a
solution of a lifting airfoil in free flight were selected as upper
and lower ‘“walls’’ of a test channel. A solution was then
obtained at identical freestream conditions for the airfoil in
the presence of these walls. Within the accuracy of the
numerical method, the flowfield about the airfoil should be

. the same for both solutions. This is demonstrated to be the

case by the pressure distributions on the airfoil surfaces and
along the free-flight streamlines and channel walls shown in
Fig. 3.

III. Results and Discussion

The upper and lower test-section walls used in the ex-
periments reported in Refs. 2 and 3 were contoured to the
shape of streamlines computed using an inviscid code.
Streamlines used were one-half of the channel height away

~ from the chordline of an 18% thick circular arc airfoil at a

freestream Mach number M, of 0.775. These walls were
diverged slightly to compensate for channel-wall boundary-
layer growth and were unchanged for tests at all Mach and
Reynolds numbers. Thus, many of the experimental data of
Refs. 2 and 3 were obtained at off-design conditions. Con-
sequently, use of these experimental data to test the validity of
turbulence modeling requires that the computer code contain
the boundary conditions of the experiment. The actual wall
coordinates of the experimental apparatus were used. All
subsequent results are for an 18% thick circular arc airfoil at
0 deg angle of attack, and only results for half the flowfield
are presented (with the exception of computed Mach contours
of the entire flowfield). To avoid numerical difficulties, all
computed results were obtained for an 18% thick circular arc
airfoil with 1% chord nose radius.

Computed Effect of Wall Boundaries

Figure 4 shows the actual channel walls and streamlines,
through the beginning of the contoured portion of the walls,
obtained from free-flight viscous solutions at M ,, =0.783 and
0.720 and a chord Reynolds number Re, ,, of 11 x10°. Note
that an expanded ordinate is used to emphasize the wall and
streamline shapes. The channel walls are a reasonable
representation of the streamlines from the M, =0.783,
Re. ., =11x10°% solution. Consequently, these freestream
conditions constitute a near-design test condition, and the
results in Fig. 5 for free-flight and wall boundary conditions
demonstrate that the respective differences between pressure
and skin-friction distributions are small. Comparison of
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Fig. 3 Calculated pressure distributions for a lifting airfoil in free
flight and in a test channel with walls contoured to the shape of free-
flight streamlines; Keorn-Garabedian airfoil, M_ =0.756,
Re, ,, =21X10%, o= — 1.54 deg.
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Fig. 4 Channel wall and streamlines through beginning coordinate
of wall for the 18% thick circular arc airfoil, o = 0 deg.

either set of computed results in Fig. 5 with experiment to
assess the adequacy of the computer code and turbulence
model would lead to essentially the same conclusions for this
near-design case.

For the off-design conditions of M, =0.720 and
Re. . =11x10%, the results in Fig. 4 show that the actual
channel walls provide more ‘“‘open area’ about the airfoil
than would exist had the walls been contoured to the shape of
streamlines obtained from the free-flight viscous solution.
Consequently, compared to free-flight results, the pressure
field computed about the airfoil would be less severe when
including the actual channel-wall boundaries. This is
demonstrated by the computed pressure and skin-friction
distributions shown in Fig. 6. These results indicate the
necessity for a computer code with proper boundary con-
ditions when using experimental results to assess the adequacy
of a code and turbulence model, Obviously, comparisons at
off-design conditions between experimental data and
solutions with channel walls would lead to a different
assessment of the code and turbulence model than would
similar computations using free-flight boundary conditions,
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Fig. 5 Computed pressure and skin-friction distributions on the
circular arc airfoil with free-flight and channel wall boundary con-
ditions, M, =0.783, Re, ,, =11 X 10°, o =0 deg.
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Fig. 6 Computed pressure and skin-friction distributions on the

circular arc airfoil with free-flight and channel wall boundary con-
ditions, M, =0.0720, Re_,, = 11X 10¢ =0 deg.

Comparisons with Experiment

As noted in the Introduction, during the experiments
reported in Ref. 2 both steady and unsteady flows were ob-
served for specific ranges of freestream Mach numbers and
chord Reynolds numbers. Figure 7 has been reproduced from
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Fig. 7 Experimental flow domains for the 18% thick circular arc
airfeil.

a) Steady llow, traiting-edge separafion

b} Unsteady flow, oscillaiory sep:

¢} Steady flow, shock-induced separation

Fig. 8 Boundary-layer separation on the circular arc airfoil from a
shadowgraph movie.

Ref. 2 to identify the Reynolds number and Mach number
domains within which three distinctively different types of
flow have been documented for the 18% thick circular arc
airfoil. The steady fiow in the low Mach number domain was
characterized by a weak shock wave near midchord and
trailing-edge boundary-layer separation. This flow picture is
depicted by the left-most sketch in Fig. 7. A more detailed
picture of the trailing edge is illustrated by a selected frame
from a shadowgraph movie, reproduced from Ref. 10, in Fig.
8a. The unsteady flow domain shown in Fig. 7 includes the
region of flow hysteresis in the lower Mach number range
noted earlier. The flow in this domain was characterized by
periodic oscillations in shock-wave location and intensity and
concomitant oscillations between trailing-edge and shock-
induced separation of the boundary layer. This flow
phenomenon is depicted by the middle sketches in Fig. 7 and
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Fig. 9 Computed and experimental pressure distributions on the
cireular arc airfoil, Re, , = 11 X105,

the movie frames in Fig. 8b. In the high Mach number,
steady-flow domain, a shock wave occurs near the 76% chord
station sufficiently strong to induce boundary-layer
separation at the base of the shock wave; see the right-most
sketch in Fig. 7 and movie frame in Fig. 8c. Indicated by the
square symbols in Fig. 7 are three sets of freestream con-
ditions, M ,, =0.720, 0.754,0.783 and Re,. ., = 11 X 10%, one in
each flow domain, for which computer solutions with wall
boundaries have been obtained for comparisons with
available experimental data.

The flowfields in the two steady flow domains, in actuality,
are pseudo-steady. Specifically, the shock-wave location and
intensity, the point of boundary-layer separation, and the
pressure and skin-friction distributions do experience small
excursions about respective mean values in both the ex-
periment and the computations. The amplitudes of these
excursions are an order of magnitude or more smaller than in
the unsteady flow domain. This will become apparent in
discussions of subsequent results.

Experimental pressure distributions from Ref. 2 and the
present computed results are shown in Fig. 9 for the three sets
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of freestream conditions just noted. The symbols denote the
mean values of the experiment, and the bars on the symbols at
x/¢=0.25, 0.50, and 0.775 represent maximum and minimum
values of fluctuations about the mean; they do not denote the
uncertainty of the measured mean values. (The pressure
fluctuations at x/c=0.25 were obtained by McDevitt. ')
Mean values from the computations are denoted by the solid
lines and the range of fluctuations by the shaded areas. For
the steady-flow cases at M_ =0.720 and 0.783, Figs. 9a and
9c, respectively, the computed mean values are the averages
over a time equivalent to several chord lengths of mean flow
travel beyond that for which the solution is normally con-
sidered to have converged to a steady state. Computed results
for the unsteady-flow case at M, =0.754, Fig. 9b, are from
time historics - of four consecutive cycles of flowfield
oscillation (approximately 32 chord lengths).

The steady flowfield at M, =0.720 is characterized- by a
weak shock wave and trailing-edge separation (see Figs. 7 and
8a). The computed results in Fig. 9a are in good agreement
with experiment over most of the airfoil. Failure of these
results to better predict the pressures in the separated region
near the trailing edge is atiributed to inadequate turbulence
modeling in this region. The amplitudes of the measured
pressure fluctuations at x/c =0.25 and 0.50 lie within the
symbols and are not shown. The mean results for the com-
putations shown in Fig. 9a are the same results shown in Fig.
6a for the channel walls. A comparision of the computed free-
flight pressure distribution shown in Fig. 6a with the ex-
perimental data in Fig. 9a would indicate poor agreement in
the range 0.45<x/c<0.70. In this case, -one would
erroneously suspect deficiencies in the computer code and/or
turbulence model. The results of these contrasting com-
parisons emphasize the necessity for computer codes with the
proper boundary conditions.

The steady flowfield at M, =0.783 is characterized by a
strong shock wave and shock-induced separation (see Figs. 7
and 9¢). The computed results in Fig, 9¢ (and Fig. 5a) are in
excellent agreement with experiment ahead of the shock wave
(x/c=0.675). The large differences between the computed and
experimental mean results in the region of the shock wave and
aft in the region of shock-induced separation again are at-
tributed to inadequate turbulence modeling. In the separated
region at x/c=0.775, it is interesting to note the good
agreement between the computed and measured magnitudes
of the pressure fluctuations. Here, also, the fluctuation
magnitudes atx/c =0.25 and 0.50 are within the symbols.

The unsteady flowfield at M, =0.754 is characterized by
periodic shock-wave oscillations and oscillations in boundary-
layer separation between the trailing-edge and shock-induced
type (see Figs. 7 and 8b). The calculated and experimental
mean pressures agree well over the forward half of the airfoil.
The similarity in the trends of the variation of the magnitude
of pressure fluctuations about the mean value strongly
suggests the possibility that the wave form of the experimental
pressure fluctuations also may be reproduced by the
calculations. This is shown to be the case in Fig. 10. Ex-
perimental and computed time histories of the instantaneous
pressure oscillations about the mean pressure (normalized by

- the channel total pressure) on the upper and lower airfoil
surfaces at two chord stations are reproduced from Ref. 10.
The qualitative agreement between the different wave forms
at two chordwise stations is surprisingly good considering that
the computed unsteady resulis were obtained using simple
algebraic eddy viscosity to model turbulence. The 180-deg
phase difference between the dynamic pressures on upper and
lower airfoil surfaces at identical chord stations demonstrate
that the oscillatory unsteadiness is an asymmetric
phenomenon, both in the experiment and in the com-
putations. The reduced frequency of the surface pressure
oscillations determined from the numerical solution, f =0.40,
differs from that reported in Ref, 2 (f =0.49) only by about
20%.
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Fig. 10 Computed and experimental surfacc-pressure {ime histories
on the circular are airfoil, M, =0.754, Re, ,, = 11x 105,
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Fig. 11 Mach contours in the flow field about the circular arc airfoil
from a computer movie,

Further evidence that Navier-Stokes type computer codes
with simple turbulence models reproduce shock-wave and
boundary-layer spearation features for steady flows and are
capable of qualitatively rcproducing the time-dependent
aspects of these features for unsteady flows is presented in
Fig. 11. Selected frames illustrating the three distinctively
different types of flow just discussed are reproduced from a
computer movie of Mach contours. The elapsed time
c¢orresponds to the chord lengths traveied by the mean flow
during one cycle of the oscillatory flow shown in Fig. 11b.
Coalescence of the near-vertical contours over the latter half
of the airfoil indicates the formation of a shock wave—the
closer the contours, the stronger the shock wave.. The
horizontal contours aft of the shock waves and in the wake
are in the outer region of the boundary layer and wake
denoted as region Il in Fig. 1.

A careful comparison of Fig. 11 with the shadowgraphs in
Fig. 8 reveals marked similarities between the computed and
experimental flowfield features for both steady and unsteady
flows. Figures 8a and 1la depict steady flow with a weak
shock wave and trailing-edge separation. Figures 8¢ and 1lc
show a strong shock wave with a large region of flow
separation emanating from the base of the shock wave. The
flow similarities between Figs. 8b and 11b for the unsteady-
flow case further demonstrate that the oscillatory un-
steadiness is an asymmetric phenomenon. For example, the
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shock wave forms near the trailing edge just above a region of
trailing-edge separation (note the upper surface in the second
frame in Fig. 11b and the r=0.62 ms frame in Fig. 8b). The
shock wave increases in strength as the local airfoil surface
velocities ahead of the shock increase. The increased strength
gives rise to shock-induced separation, and the shock wave
and separated region begin to move forward. The local
surface velocities upstream of the shock continue to increase
and stabilize in a maximum velocity distribution. As the shock
continues forward into a region of locally lower velocities, it
diminishes in strength and vanishes as the separation point
reverts to the trailing edge to compiete the cycle. Meanwhile,
the identical process is occurring on the lower surface 180 deg
out of phase.
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Fig. 12 Computed and experimental skin-friction distributions on
the circular arc airfoil, Re, ,, =11 x 106.
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Computed and experimental skin-friction distributions are
shown in Fig. 12 for the three flow conditions of interest. The
computed results were obtained from the same sets of
flowfield data described earlier in discussing the pressure
distributions. It is not surprising, therefore, that the trends in
the computed magnitudes of the skin-friction fluctuations
(shaded areas) about the mean values (solid lines) are similar
to those noted for the pressure fluctuations. Experimental
data are available from Ref. 3 only for M =0.783. The
distribution of mean values of skin friction is shown in Fig.
12¢. As in the case of the pressure distribution (see Fig. 9¢),
the agreement between the computed and measured values is
good ahead of the shock wave. The poor agreement in
defining the shock-wave location and aft in the separated-
flow region is again attributed to deficiencies in the turbulence
model.

As discussed in Ref. 3, the skin-friction gages used respond
to a skin-friction parameter which is a combination of the
flow quantities pu,p,7,. Because fluctuating pressure
measurements were not recorded simultaneously with the
fluctuating skin-friction data, it was not possible to determine
the magnitudes of the maximum and minimum excursions in
skin friction from dynamic records of p.pow7w{pw ~Pu).
Therefore, only the calculated and experimentally deduced
values of the root-mean-square variations in the unsteady
skin-friction parameter are compared here. The rms values
shown in Fig. 13 have been normalized by a value near the
midchord ahead of the shock wave. The sign of the ordinate in
Fig. 13 corresponds to that of the local mean value of the skin
friction. Just as these results for mean skin-friction show, the
computed unsteady skin-friction results indicate the shock to

-be further downstream than in the experiment. However, the

trends showing a rapid increase in dynamic activity ahead of
the shock wave and an increased magnitude in the fluc-
tuations downstream in the shock-induced separation region
are similar.

The present results comprise a substantial amount of
circumstantial evidence which indicates, for the first time,
that Navier-Stokes type computer codes are capable of
reproducing the time-dependent aspects of experimentally
documented unsteady turbulent flows with shock-induced
separation. However, just as the experimenter always
questions whether unsteady flows arc caused by some
resonant tunnel phenomena, so the numerical analyst
naturally inquires if computed unsteady-flow results are
caused by the wall boundary conditions, numerical inac-
curacies, or computer-code asymmetries. The experimenter
demonstrates that the unsteady flow is acrodynamically in-
duced by using records of the aerodynamically different
airfoil and wind-tunnel frequencies (see, e.g., Refs. 2 and 11)
and by testing airfoils of different chord lengths and ob-
serving a constant airfoil reduced frequency (see, e.g., Refs.
11 and 12). The numerical analyst can make similar
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Fig. 13 Computed and  experimental unsteady skin-friction
parameters for the circular arc airfoil, M, =0.783, Re_ , = 11X 108,
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Fig. 14 Computed and experimental pressure distributions on the
circular arc airfoil with a quarter-chord trailing-edge splitter plate,
M, =0.754.

demonstrations in addition to checks for numerical accuracy
and asymmetry.

The computed unsteady flows were determined not to have
been induced by including the channel walls as boundary
conditions. This was determined from the results of a solution
for the present airfoil at M,, =0.754 and Re, . =11 x10% in
free flight. A periodic unsieady-flow solution was obtained.
The reduced frequency and magnitudes of the airfoil surface
pressure oscillations were slightly different from similar
results for the solution including the channel walls and did not
agree as well with experiment. Similar to the approach taken
in Refs. 11 and 12, a solution with wall boundaries was ob-
tained at the present unsteady-flow free-stream conditions for
the same airfoil with one-half the present chord. An unsteady-
flow solution was obtained and the frequency of the airfoil
surface pressure oscillations was twice that for the longer
chord airfoil; thus the reduced frequency was constant at
f=0.40. '

A cursory investigation of the unsteady-flow solutions has
revealed that they are, in fact, a result of viscous phenomena
and not a result of numerical inaccuracies. For example,
inviscid computations for the same M, produced a steady-
flow solution. A viscous solution for a half airfoil at
M, =0.754 and Re_, =11x10° produced a steady-flow
solution. The half-model boundary conditions, however,
preclude communication of pressure waves across the airfoil
" wake and provide a solid boundary upon which the separated
boundary layer can reattach. A similar, more physically
realistic test is to experimentaily and computationally reduce
such communication across the wake and provide a solid
boundary by using a trailing-edge splitter plate of sufficient
length to produce a steady flow. It was determined ex-
perimentally that a one-quarter-chord trailing-edge splitter
plate stopped the unsteady flow at all Reynolds numbers for
which unsteady flow occurred without the splitter plate at
M, =0.754 (see Fig. 7). 1? Viscous computations for the same
airfoil and splitter plate at M, =0.754 and Re_,, =11x 108
produced a steady-flow solution. The computed and ex-
perimental airfoil pressure distributions are shown in Fig.
14.13 The agreement is very good except near the airfoil
trailing edge. These results demonstrate that the present code
and turbulence model can predict the flowficld about an
airfoil with a large pressure jump (shock wave) and trailing-
edge separation. The disagreement in the small separated
region near the trailing edge is again attributed to inadequate
turbulence modeling in this region.

A careful examination of the present computer code
revealed one obvious coding error which introduced a large
numerical asymmetry and two subtle coding errors that
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possibly may introduce small numerical asymmetries. The
computer code was corrected for the coding error which had
introduced the large numerical asymmetry, the present un-
steady-flow case was re-run, and essentially the same un-
steady-flow solution was obtained. Correcting the code for
the two subtle coding errors has proven more time consuming
than originally anticipated. Since eliminating the possible
sources of small numerical asymmetries should not alter the
qualitative aspects of the agreement with experiment, the
computed results obtained to date are being published without
delay. .

Even though there is strong circumstantial evidence that the
present computed unsteady-flow results qualitatively
reproduce the physical features of similar real flows, until
similar results are obtained with a computer code with no
numerical asymmetries, the present computed unsteady-flow
results should be considered preliminary.

1V. Concluding Remarks

‘A successful initial effort has been made in including wall
boundary conditions in a computer code for solving the two-
dimensional, compressible Navier-Stokes equations for flow
over airfoils, albeit slip-flow wall boundary conditions were
used. While inclusion of the wall boundary conditions does
provide improved agreement with experimental results, it does
not alter the conclusion of earlier investigators that improved
turbulence models are required before existing codes can
correctly predict the flow features characteristic of strong
shock-wave boundary-layer interactions with relatively large
regions of separated flow. Present results indicate that, with
the availability of computer codes with proper boundary
conditions, an improved tool is now in hand for quantitatively
testing different kinds of turbulence models against data from
two-dimensional, fully documented experiments.

Evidence is also in hand which shows {for the first time to
the author’s knowledge) that Navier-Stokes type computer
codes are capable of reproducing the time-dependent aspects
of unsteady turbulent flows involving weak and strong shock-
wave boundary-layer interactions. Present computed results
indicate that the intensity of airfoil surface-pressure and skin-
friction fluctuations, the reduced frequency of pressure
fluctuations, oscillatory regions of trailing-edge and shock-
induced separation, and the Mach number range for unsteady
flows can be qualitatively reproduced. These results inspire
confidence that once turbulence models are developed with
which the improved computer codes can predict experimental
steady-flow results, the codes can then be used to study the
time-dependent aspects of unsteady flows and hence provide
insight into unsteady aerodynamic phenomena such as
buffeting, inlet buzz, and rotating helicopter blades.
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